
MACA . 

RESEARCH MEMORANDUM 
Air Materiel Command,.U. S. Air Force 

IONGITUDINAL STABILITY CEfARACTERISTICS OF A 1 E"CAIZM2DELOF 

A PROZ'OSED CONFIGURATION OF THE XF-91AIRPUNE MEXSURED 

BY THE WING-FIOW METHOD 

BY 
Harold L. Crane and Arnold R. Beckhrdt 

Langley Aeronautical Laboratory 
Langley Field, Va. 

;;;i;r‘-,A,'yJ;! ,;:?QY(;!J+i,r- [.j .,- 
CLhC"IFIEI3 03xT'EYI 

NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 

WASHINGTON 



NACA RM No. SL8Kl7 3 117601437 9813 

NATIONAL ADVISORY COMMITTEZ FOR AERONAUiXCS 

RJZSEARCHMEMORAIKOTJM 

for the 

Air Materiel Command, U. S. Air Force 

LoN~I'l'lJD~~ STfSBIlZCY CHARACTERISTICS OF A j&-SCALE MODEL OF 

AP~~OSEDCONElGURATIONOFTBEXF-91~LANEMEAS~ 

'BJ!THSWXNG:FLCWMETHCD 

By Harold L. Crane and Arnold R. Beckhardt 

SUMMARY 

This report presents the results of en investigation in the tren- 
sonic speed rsnge of the longitudinal stability characteristics of a 
proposed configuration for the Republic XF‘-91 airplane. The tests 
covered a Mach number range of 0.55 to 1.05 and a Reynolds nlndber range 
from 400,000 to 1,375,OCO. 

Lift, pitching-moment, end roll--moment characteristics of the 
half model and the hinge moments on the all-mcving tail were measured. 

1: The downwash factor a~/& at the tail was determined from the pitching- 
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moment data. A calculation of the elevator deflection and stick force 
required for trim was also made. 
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It was found that the variation of force end mxrIent coefficients 
was linear through the test angle-of-attack range of -lo to 8O at any 
Mach nmberj that the stability‘increased markedly at Mach numbers 
above Om85j that the effectiveness of the tail in producbg pitching 
mxnents decreased about one-third with increasing Mach nuuiberj end that 
the value of the downwash factor, a&/&t,, at the tail decreased from 
about 0.35 at a Mach nmber of 0.85 to about zero at a Mach number 
near'0.95 and beceme slightly negative at higher Mach numbers. The 
calculated values of stick force per Q and elevator deflection per g, 
assuming no aerodynamic balance, in&eased rapidly above a Mach number 
of 0.85. 
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INTRODUCTION 

The NACA is conducting a series of investigations of the longi- 
tudinal. stability and control characteristics of several airplane con- 
figurations. As part of this program a l-scale semispan model of a 

40 
prospective version of the Republic XE'-91 airplane was tested in the ~ 
trsnsonic speed rsnge by the NACA wing-flow method. These tests were 
requested by the Air Materiel Command, U. S. Air Force and the Republic 
Aviation Corporation. 

Tests were conducted to measure the lift, pitching moment, and 
rolling ZIlDment of the half model with the tail on and off. Hinge moments 
on the all-movin@; tail surface of the model were also measured. zhe 
tests were run for an sz@e-of-attack range from approximately -1 to 8' 
and for a tail incidence rsnge from -6O to 3O. The Reynolds numbers for 
the tests varied from 4CO,OOO to 1,375,OOO. A Mach number range of 0.55 
to 1.05 or slightly greater was covered. 

SYME3OIS 

The following synibols and coefficients are used in this report: 

L 

M" 

L' 

'h 

lift,pounds 

pitching moment (about 15 percent E), foot-potids 

rolling moment, foot-pounds 

hinge moment (about 55 percent root chord of the tail), foot- 
'pounds 

pitching-moment coefficient 

rolling-moment coefficient 

H hinge--moment coefficient - 
( J qsp 



NACA RM No. SL=l7 3 

dC; 

dCL 

C 
'1, 

t 

C 
"It 

C 
2it 

C 
hit 

Q 

S 

St 

"T 

?R 

i 
f I 

c 

f 
i 

- 

rate of change of pitching-moment coefficient about 
15 percent E with lift coefficient 

rate of change of lift coefficient tith m&e of attack 

rate of change of pitching-moment coefficient with angle of 
attack 

rate of change of rolling-moment coefficient with angle of 
attack 

rate of chmge of hinge-moment coefficient with angle of 
attack 

rate of change of lift coefficient with tail incidence 
l 

rate of change of pitching-moment coefficient with tail 
incidence 

rate of change of rolling-mment coefficient with tail 
incidence 

rate of change of hinge-moment coefficient with tail incidence 

dynamic pressure, pounds per square foot ( > 
1? P 

wing area, square feet 

tail area, square feet 

tip chord of w3ng, feet 

root chord of wing, feet 

taper ratio - 
0 

CT 
CR 

mean aeroQnsmic chord, feet [E +$yy)] 
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chord of tail, feet 

span of elevator along hinge line, feet 

elevator chord, feet . . 

wing span, feet 

span of horizontal tail 

model Mach number 

airplane Mach number 

Reynolds numiber 

tail incidence, degrees (measured in plsne perpendicular to 
hinge line of model tail) 

elevator deflection, degrees 

relative elevator effectiveness 

downwash angle, degrees (determined perpendicular to hinge 
tie of model tail) 

downwash factor, the variation of downwash angle with angle 
of attack 

elevator gearing ratio, radians per foot 

??ull-scale values of lift, pitching moment, rolling moment, and 
hinge moment may be found by using the coefficients presented herein 
and the win@; area and span of the complete airplane. The value of 
rolling moment measured in these tests represents the bending moment 
acting at the center line of the complete airplane. 
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DESCRIPTION OF APPARATE 

Photographs of the l-scale XF-91 wing-flow model snd test apparatus 
Fi? 

:@re presented in figure 1. Sketches of the airplane and of the model 
showing principal dimensions are given in figures 2 and 3. Table I gives 
the principal geometric characteristics of the Xl?-glmodel and the full- 
scale airplane. The model w&s made of brass and high-strength aural and 
steel alloys. The end plate, which was used as a reflection plane to 
simulate a full-span condition, was 1 

32 
inch thick with feathered edges. 

The model was mounted on the right wing of an F-511) airplane. A 
portion of the win@; of this F-51 airplane has been modified to produce 
a contour with a low chordwise velocity gradient. This contour also 
gives a favorable location (behind the model) of the wa compression 
shock. Typical chordwise and vertical gradients of'local velocity over 
a test,psnel are given in figure 4. 

The center line of the model fuselage was bent to the curvature of 
the‘.test panel to conform to the curvature of the flow along the model. 
The pivot sxis of the model was located, at 15 percent of the mean aero- 
dynsmic chord and the axis of rotation of the all-movable tail was at 
55 percent of the tail root chord, perp endioulsr to the root chord, and 
in the plane of the tail. 

The aerod;lnamic forces were measured with a strain-gage balance, 
and the model angles and tail deflections were measured with slide-wire 
potentiometers. A recording galvanometer made a continuous record of 
the angles, deflections, and aerodynsmic forces. Airspeed; altitude, 
lateral and normal acceleration, and the free-air temperature were 
recorded with standard NACA instruments. 

During flight the model was oscillated by sn electric motor to vary 
the angle of attack. The model was oscillated through a range of 
about 8' at a rate of approximately one cycle per second. In flights 
where the tail was oscillated, sn air-driven motor was used to oscillate 
the tail through a range of 10° at a rate of approximately one cycle 
per second. These rates of oscillation in terms of chord lengths of 
air flow over the model give a msxtium rate of rotation of approximately 
lo per 80 chord lengths which is believed to be sufficiently small to 
avoid any aerodynamic-leg effects. 

The angle of flow across the wing was measured with a freely 
floating vane which was located 22 inches outboard of the model. A cali- 
bration of the difference in angle of flow between the model location 
and the vane location had been made before the model was installed. , 
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In all flights the wing was set at O" incidence. Flights were ma& 
trith three model configurations. The tail was fixed at approximately O" 
and the model oscillated through an sz@e-of-attack rsrge from -lo to 8'; . 

-'the model was fixed at approximately 0 angle of attack with the tail 
oscillating from -60 to 3 j snd with the tail off, the model was oscil- 
lated from -lo to 8’ angle of attack. The small angle-of-attack range 
over which data were obtained was a consequence of the large tail bearing 
block on the model which'required a cut-out in the panel on which the 
test setup was mounted. Accidental, interference between other parts of 
the test equipment also restricted the angle-of-attack range in some 
cases ?. These data were obtained during development of the test equip- 
mntj and since the configuration of the XF-glwas subject to change, it 
was not considered worth while to repeat the tests in order to obtain a 
larger angle-of-attack range. 

During each flight runs were made at two different altitudes to 
extend the Reynolds number rsnge. A %evel-flight" run was made at an 
altitude of 5QOO feet after a pull-out from a dive with the airpUne 
speed gradually being reduced from 450 to 220 miles per hour. This run 
gave a model Mach number range from about 0.95 to 0.55 with a Reynolds 
number renge from l,325,OOO to 880,000 based on the model mean aero- 
dynamic chord. The "high dive" run was made in a 25O dive from an alti- 
tude of 28,000 feet. The dive was entered at sn indicated airspeed of 
220 miles per hour and the pull-out was made at sn airplane Mach number 
of 0.73. The "high dive" runs gave a model Mach nl;rmber rqe from 0.65 
to 1.05 or slightly greater with Reynolds numbers from 460,000 to 790,000. 
The relations between Reynolds number and Mach number for the data pre- 
sented herein are given in figure 5. 

,; ., PHESENTATION OFRESUITS 

A view of a sample record from the six-element galvsnometer is pre- 
sented in figure 6. The irregularities in the pitching-moment trace 
were introduced by the driving mechanism rather than by buffeting. 

Typical plots of the wing-flow data as they were first worked up 
are presented in figure 7, one plot for each configuration; The force 
and moment coefficients were determined from the following expressions: 

L 
% = s 
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C 
m 

= 2& (about 15 Percent ') 

'h = A (about 55 percent root chord) 
QStCt 

The hysteresis in the lift data was due to electrical overdampln@; 
of the galvanometer element and not to any aerodynamic lag- 

An estimation of the accuracy of the various measurements is pre- 
sented in the follow- table. Possible errors in absolute values and 
in increments of the specified variable read from faired curves are 
presented. Errors are ala0 given in terms of force end mxnent coef- 
f icients . Errors in the absolute values of the forces and mments 
I&easured on the strain-gag;e balance ,system may be caused by undetected 
zero shifts in the balance calibration, as well as by undetected. changes 
in the slope of the calibration curve. These errors are therefore 
larger than the errors in the 3ncremen-k of the measured quantities 
during a given run or series of runs which are usually not affected by 
zero shifts. Errors in the lift data appear to be more serious than 
those in tbs. other measured quantities. As previously noted, error may 
be introduced Ln measuring the slope of the lift curve by the hysteresis 
loop present in these data. In addition the angle of zero lift appears 
to very in en unexplained manner in various runs. The pitch--mxnent 
data are subject to errors involved in fairing out the irregularities in 
the record line introduced by the driving mechanism. It should be noted 
that errors in coefficients very inversely with d~'nemic pressure. The 
values presented for possible errors do not take into account the effects 
of the velocity gradient over the model. 

p’:, 
,I 

;:. 

_ -~~~---. ----- 
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Possible error 

In In 
Variable absolute In coefficient 

value increment (ab?olup 
value) 

Mach number M fO.O1 --s-.. --B-e 

Dyne&c pressure q, percent 21.0 --s-w --m-B 

Angle of attack a, deg *.4 20.1 -w--e 

Tail incidence i deg r 2.2 * .05 -m--s 
t' 

Lift L, lb +-1.0 *.4 

Pitch- zument M', in.-lb fl.O 5.4. 

Rolling moment L', in.-lb fl.O +.4 

ELnge moment H, ln.-lb +.1 -I .05 

1‘ For minimum dynamic pressure, 36 Fnches of water. 

+o .06 

+.02 

+.01 

+.02 

The variation of lift ana moment coefficients with angle of attack 
or tail incidence for the XF-91 half-mdel are presented in figure 8 for 
the tail-off case, in figure.9 for the tail-on and fixed configuration, 
end in figure 10 for the tail-oscillata case. The synibols used on 
these cur&s are for identification only end do not represent test 
points. The data are presented. for ficrements of Mach.rnmiber of 0.05 
or 0.10 throughout the test renge and for the two Reynolas nmber ranges. 

The slopes CL u' CsJ %(.&J end the stability parameter acm/acL are 

presented in figure ll as a function of Mach nmber for t&e tail-off 
configuration end in figure I2 tith the addition of C 

hu 
for the tail-on 

aa fixed. configuration. Figure 13 gives the slopes CL it' %LtJ yJ 
ma ch as a function of Mach number for the tail-oscillating case. .s 

It 
It should be noted that CL is the variation of the lift coefficient 

it * 
based on w3n.g area with tail incidexic- f 

$ 

I -/ :$ :$ 
B 
‘Q $j - 
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The rate of change of downwash at the tail with sngle of 
attack a& at Mach numbers throughout the test range was determined 
by use of the pitching-moment data of figures 8, 9, and I.0 to calculate 
the change in tail incidence required to maintain zero pitching moment 
due to the tail when some specified change in angle of attack was made.' 
The variation of a~/& with M is presented in figure 14. 

DISCzlssION OF RESULTS 

ITzamination of the data as a whole showed that the variation of alJ- 
force and moment coefficients with angle of attack or ta&l incidence was 
linear through the test ranges of -lo to 8' and -6O to 3 , respectively. 
The slopes of these curves changed gradually with Mach number. No 
complete loss or reversal of lift-producing effectipeness of the airfoil 
surfaces was discovered. Over the test range of Reynolds number, the 
effect of Reynolds number on the force end moment coefficients was rather 
large. Any large changes in the character 'of the variations of CL, 

and Cl with Mach nuziber seemed to occur at a lower Mach number when 
a 

the Reynolds number was increased. The angles of zero lift obta-lned 
from the lift data are inconsistent. The angles of zero rolling moment 
appear to Indicate more reasonable angles of zero lift which ere in 
agreement with low-speed wind-tunnel data. 

Tail Off 

‘:a 

: 1, 
The slope of the lift curve CL measured from figure 8 end plotted 

a 
on figure 11 was approximately 0.035 at M = 0.5 and tended to increase 
tith Mach number. The maximum value of CL was 0.045 at M = 0.8 

a 
' from the higher Reynolds nlrmber data. At Mach numbers above 0.8, CL . I a 

fell off appreciably for the higher Reynolds nurmber data but held constant h 

\ 

at approximately 0.04 up to M = 1.1 for the low Reynolds nurmber data. 
'ii The lift-curve slope of 0.035 obtained at M = 0.5 was considerably 

lower than the value of 0.05 obtained in references 1 and 2 at low speeds. 
1, The tail-off angle of zero lift obtained from the rolUng-moment data 

was about -lo whfch was in agreement with reference 3. 
$ , 
1 The tests were made with a simulated center-of-gravity position at 
'! 
1 

15 percent mean aerodyne&c chord. The Xl?-ylmodel was unstable with tail 
B off at low Mach numbers. The variations of the longitudFna1 stability 
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parameters Cm end dCm/dCL with Mach number were small up 
a 

to M= 0.85 where the stability began to increase. The extreme aero- 
dynamic-center locations 'with tail off,were apRroxImately 5 percent 
mean aerodynamic chord at M = 0.5 end 35 percent at M = 1.1. Agree- 
ment with low-speed tunnel data (reference 1), which gave a tail off 
aerodynamic-center location of 10 percent mean aerodynamic chord, was 
fairly good. 

The variation with Mach number of the rate of change of rolling- 
moment coefficient with angle of attack Cz was similar to that of 

the lift-curve slope CL . An outboard ah& of the center of lift of 

between 5 percent end 10apercent $ with increasing Mach number was 
indicated. 

Tail On end Fixed 

Figure 12 shows that the slope of the lift curve was increased 
approximately 10 percent by the tail surface. The vsriation of lift- 
curfe slope with Mach nwOdber and Reynolds number was similar to that 
obtained with tail off. 

Comparison of the variation of Cm and dC,/dCi with Mach number 

In figures 11 and 12 indicates that theacontribution of the tail to 
longitudinal stability was approximately constant. The ticrement 
of dCm/dCL due to the tail was approximately -0.2. The aerodynemic 
center of the XF-ylmodel with the tail on was at approximately 25 percent 
mean aerodynsmic chord at M = 0.55 end at &J percent mean aerodynemic 
chord at M = 1.05. This factindicates that there was a large increase 
with Mach number in stick-fixed stability for maneuvers at constant speed. 
Once again, agreement with the low-speed tunnel data (references 1 and 3), 
which gave a tail-on aerodynamic center location.of 26 to 28 percent mean 
aerodynamic chord, was good. The missile data of reference 4 gave a 
value of Cm of -0.02 with the center of gravity at 5 percent mean 

aerodynamic Chord at a Mach number of 1.0. For a lift-curve slope of 
0.04-b the aerodynamic center would be at 50 percent mean aerodynamic 
chord compared to the value of 60 percent obtained from the wing-flow 
tests. 

The balance was equipped to measure hinge moments of the tail about 
an axis at 55 percent of the root chord. The value of Ch was in the 

a 
neighborhood of -0.01 and 3ncreased considerably with increasing Mach 
numbers above M = 0.85. 

I -i 1 
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Tail Oscillating 

The data of figures 10 end 13 indicate that the effectiveness of 
the tail surface in terms of the increment of airplane lift coefficient 
produced per degree change In incidence was subject to a gradual decrease 
with increasing Whynumber. Most of the decrease came above M = 0.85. 
The average extreme values of CL were approximately 0.007 at M = 0.6 

it 
and 0.003 at M = 1.05. Reference 3 indicates that the low-speed value 
of CL is 0.01 or slightly less. 

it 

The variation with Mach nmber of the rate of change of pitching- 
moment coefficient with tail Incidence was similar to the variation 
of c Lit' 

Above M -0.9 the value of C 
% 

decreased approxImatel.y 

one-third. Reference 3 gives a low speed value of C 
% 

of -0.013 which 

is very close to the value of -0 .Ol25 obtained at M = 0.55 in the present 
tests. I 

Downwash 

The tail-off end tail-on pitching-moment data and the tail effec- 
tiveness data have been used to detetine tail settings at which the 
tail produced no p$tching moment and was therefore lined up with the 
air stream. From this procedure it was'hossible to determine the rate 
of change of downwash angle at the tail with angle of attack. This 

- method of getting a~/& is subject to an accumulation of the errors 
in each of the measured quantities used and errors from the graphical I 
process involved. Hence, it is expected that the values of as/&z ere 
accurate to rtO.05. Figure 14 shows that the downwash tended to increase 
with Mach nmber up to M = 0.85 and then to decrease until at a Mach 
nutriber of 0.94 and above a slight amount of upwash existed over the tail. 
The values of downwash factor obtained at the lower Mach numbers ranged 
from 0.27 to 0.35. The maximum value of a~/&, determined was 0.38 
at M= 0.85 in the low Reynolds number run. 

A calculation of the downwash factor was made from the data of 
reference 3. These data gave excel-lent agreement with the data obtained 
in these tests for the values of a~,/& at a Mach number of 0.65 and 
for the high Reynolds number range. The tests of reference 3 were made 
at a Reynolds nuroiber of l,lOO,OOO'. 

The contribution of the tail to the longitudinal stability did not 
vary appreciably with Mach nlrmber since the tail effectiveness Pm, \ 
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decreased with increasing Mach number while the value of 

increased tith increasing Mach number. 

Calculation of Elevator Deflection And Stick Force for Trim 

Ca,lcula.tions of elevator deflection required for trim end the 
control force which would be required with an elevator havtig no aero- 
dynamic balance have been made for the full-scale XF-91 airplane. In 
addition to.the wing-flow data for the higher Mach number range pre- 
sented herein, data from references 4, 5, and 6 have been used in the 
calculations. The following airplane characteristics were used: 

Wing area, square feet . . . . . . . . . . . 
Gross weight, pounds . . . . . . . . . . . . 
Wing loading, pounds per square foot . . . . 
Length of elevator, along hinge line, feet . 
Tail mean aerodynamLc chord, parallel to air 
Elevator chord, percent of tail chord . . . 

-Elevator chord/feet (perpendicular to hinge 
Total stick travel, Jnches . . . . . . . . . 
Down-elevator deflection, degrees . . . . . 
Up-elevator deflection; degrees . . . . . . 
Center-of-gravity position, percent c' . . . 

........... 320 

......... 25,000 

.......... ‘78.1 

. . . 
flow, 
. . . 
line) 
. . . 
. . . 
. . . 
. . . 

iefkt' ......... 
17.34 

3.94 
....... 30 
....... 0.98 
....... 18 
....... 25 
....... 35 
....... 15 

An altitude of 20,000 feet was used in the calculations. 

The eqressions used for the calculations were 

dcm 
cL dc 

se = L 

F= KCh Eeqbece2 
6 

0) 

(2) 

* I I III I I I II 
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The values of dCm/dCL, CL 
it 

, end Cmi were obtaFned from the data 
t 

presented hereti for the higher Mach number range. Values of C 
hs 

and &@s, for use in these calculations were obtained from refer- 
ence 5. Figure 3 of reference 6 was used to get an approximate cor- 
rection for qpe, which was presented in reference 5 for a 25 per- 
cent chord elevator, to account for'the difference in chord ratios. 
The values used for C 

hs' 
&/as,, =d CI are presented in table II. 

Based on the results of reference 5 it was assumed that Ch was zero 

for the calculations. Figure 15 presents the calculated va%ation with 
Mach nlrmber of the increment in elevator def,lection required per 0.10 
change in lift coefficient. 

The elevator deflection required for trim at zero lift with O" wing 
end tail incidence was est&nated indirectly from the data of figure 9 
of reference 4, which was a plot of the variation of normal-force coef- 
ficient with Mach number of en IF-91 rocket model in free flight. These. 
data were used in the calculations rather than the w3ng flow data because 
of the uncertainty of the angles of zero lift obtained from the wing flow 
data. The CL values obtained from reference 4 are noted in table II. 
Substituting the missile lift coefficients in expression (1) the values 
of elevator deflection for trim at zero lift were obtained and the corre- 
sponding control forces for en unbalanced elevator were calculated. 
Since the missile center of gravity was 10 percent ahead of the location 
used for these calculations, the calculated values of elevator.deflection 
end control force for the __Og curves may be on the order of 20 percent 
low in the high Mach number range. Figure 16 presents the calculated 
variation with Mach number of elevator deflection and control force for . 
trim at zero lift. 

By substituting the increment of lift coefficient required per g 
in (1) the increment of elevator deflection per g was obtained. This 
increment of elevator deflection was added to the zero lift value given 
in figure 16 to obtain a curve of elevator deflection for trim in lg 
flight which is also plotted in figure 16. The corresponding elevator 
control forces with an aerodyn~cally unbalanced elevator are presented. 

Because the data Indicate that the airplane is considerably out of 
trim at a Mach nunnber of 0.65 with the center of gravity at 15 percent c' 
and the stabi1izer.se-t at O", the stick forces and elevator angles were 
recomputed for sn assumed stabilizer Incidence of -3O. These data are 
also shown in egure 16. 
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Although the variation of elevator engle for trim at zero lift, 
which was based,on the rocket model data (reference 4), indicates rela- 
tively small trim changes through the Mach nmber range, the elevator 
angle for trim at lg shows a large upward variation with increasing 
Mach numbers above a Mach number of 0.85. This variation is caused 
primarily by the large increase in stability with increasing Mach 
numbers. This condition would be felt by the pilot as a powerful 
"tucking under" tendency, unless the associated control force variation 
was reduced to a reasonable value by use of a suitable booster mechanism. 

Figure 17 presents a plot of elevator stick force per g and elevator 
deflection $er g. These data indicate that with the center of gravity 

* at 15 percent 5, the power of the elevator to maneuver the XF-91 air- 
plane would be very limited at Mach numbers near unity. It is also 
indicated that about 98 percent of the elevator hinge moment must be 
supplied by a control booster to obtain satisfactory control forces at 
Mach numbers near unity. 

CONCLECONS . 

The m-flow tests of the & -scale XE'-ylmodel led to the following 
. conclusions: 

1. The variation of the force and moment coefficients with angle 
of attack or tail 3ncidence was linear from M = 0.55 to M = 1.10 
through an an@e of attack range of -lo to 8O end a tail Incidence range 
from #to 3 . 

2. The control-ftied stability of the complete configuration for 
maneuvers at constant velocity increased greatly at Mach numbers 
above 0.85. The aerodynemic center of the XF-glmodel shifted from 
25 percent c' at M = 0.55 to 60 percent 5 at M = 1.05. 

39 The value of the downwash factor as/& at the tail of the 
XF'-ylmodel increased from about 0.30 at a Mach number of 0.65 to 0.35 
at a Mach number of 0.85 and then decreased until at a Mach number of 
approximately 0.95, as/b was equal to approximately zero. 

4. The contribution of the tail to the longitudinal stability was 
essentially constant with increasingMach number. This resulted from 
the fact that decreasing tail effectiveness was compensated for by the 
increasing value of the factor 1 - g> on which the angle of attack 
of the tail depends, as the Mach number was increased. The tail pro- 
duced approximately a 20 percent rearward shift in the location of the 
aerodynamic center. 

I 
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The calculated elevator angles and stick forces in the transonic 
rzmge, with.no aerodynamic balance assumed, indicated large increases in 
the elevator angle per g  and force per g  in maneuvers above a Mach number 
of 0.85. Large increases were also shown in up elevator deflection and 
pull force to matitain level flight above a Mach nmber of 0.85. 
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NACA RM No. E&l7 

TABIX I 

wing : 
Section (&mal to 50 per- 

cent chord line). . . . . 
Thickness (normal to lead- 

ing edge), percent. . . . 
Incidence, deg . . . . . . 
M idst, deg . . . . . . . . 
Sweepback at O.pc', deg . . 
Inverse taper ratio . . . . 
A  . . . . . . . . . . . . 
‘c,ft . . . . . . . . . . 

.b,ft . . . . . . . . . . 
S,8qft.... . . . . . 

Tail: 
. 

Section . . . . . . . . . 
Dihedral, deg . . . . . . 
Sweepback (plan view) . . . 
bt (in horizontal plane), 

ft . . . . . l **.* 
Qft..... . . . . . 
St,sqft . . . . . . . . 

Fuselage: 
Length,ft... . . . . . 
Maximumfrontal areaof 

half fuselage, sq ft . . 
Tail length (0.256 to 

o.ega,), ft . . . . . . 

Nl scale Semispan model 
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( b) Three-quarter front view of wing-flc model. 

Figure l.- Continued. 
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(c) General view of test apparatus. TgzJ7 

F igure 1. - Concludhl. L-54032 
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Figure 2.- Three-view drawing of XE'-91 a-lrplane showing 
principal dimensions. 
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principal dimensions. 
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F igure 4.- Local Mach number  gradients at test section for various values of airplane Mach number  MA. 
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Figure 4.- Concluded. 
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6.- epica data as first obtained from galvanometer with tail fixed and modei oscillating; 
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Continued. 
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(c) Tail oscillating with model fixed.. M = 1.00; R g 760,000. 

Figure 7.- Concluded. 
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(a) Reynolds number from 460,000 to 820,000. 

Figure 8.- Variation of the coefficients of lift, pitching moment, and 
rolling moment with angle of attack, at Mach numbera throughout the 
test range for the I@?-glmodel with tail removed. Note shif% in 
abscissa zero for different Mach numbers. Symbols used. for 
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(b) Reynolds number from 800,000 to 1,350,OOO. 
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(a) Reynolds number from 460,000 to 790,000. 

Figure 9.- Variation of the coefficients of lift, pitching moment, 
rolling moment, and hinge moment with angle of attack at M%h 
numbers throughout the test range for the XF-91 model with> tail 
at -l-lo. 
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Figure $I.- Concluded. 
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Figure lO.- Variation of the coefficients of lift, pitching moment, 
rolling moment, and hinge moment with tail Incidence at I&ch 
numbers thr;oughout the test range for the XE'-91 model. 
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Figure 15.- Calculated elevator deflection per. O.lOCL for XF-91 airplane with center of gravity 
at 15 percent a. 
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Figure 16.- Calculated elevator deflection and control force for trim 
at zero lift and in level flight for the XF-91 airplane with the 
center 0f.gravi-Q at 15 percent E; altitude 20,000 feet. 
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